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Abstract 
In order to gain a better knowledge of the mechanisms and to calibrate computational fluid dynamics (CFD) tools including 
both Reynolds-averaged Navier-Stokes (RANS) and large eddy simulation (LES), a detailed and accurate experimental study of 
corner stall in a linear compressor cascade has been carried out. Data are taken at a Reynolds number of 382 000 based on blade
chord and inlet velocity. At first, inlet flow boundary layer is surveyed using hot-wire anemometry. Then in order to investigate 
the effects of incidence, measurements are acquired at five incidences, including static pressures on both blade and endwall sur-
faces measured by pressure taps and the total pressure losses of outlet flow measured by a five-hole pressure probe. The maxi-
mum losses as well as the extent of losses of the corner stall are presented as a function of the investigated incidences. 
Keywords: corner separation; compressor; cascades; incidence; hot-wire anemometry; computational fluid dynamics 
1. Introduction1
The juncture of the endwall and blade corner region 
is one of the high-loss regions in compressors[1]. The 
three-dimensional (3D) separation in this region, also 
referred as corner stall or corner separation, is an in-
herent flow feature in compressors. Mitigation corner 
stall is the key to compressor efficiency and stability[2].
A number of studies have been achieved to research 
the impacts, the flow topology, the influencing factors 
and criteria of corner stall[3-9]. Though some of the 
deleterious consequences of corner stall can be identi-
fied, an effective control of these effects is very diffi-
cult to achieve. This is because of the fact that neither 
the nature and characteristics of these separations are 
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clearly understood, nor the mechanisms and factors 
that influence their growth and size are fully quanti-
fied[8]. Corner stall is caused mainly by the strong 
streamwise pressure gradient, the presence of secon-
dary flow and the merging of the wall and blade 
boundary layers; it is beyond the scope of the boundary 
layer and secondary flow theories. Computational fluid 
dynamics (CFD) is a powerful tool to simulate the 
corner stall flows, but only overall pattern of corner 
stall can be captured while flow details are most of the 
time not well computed[10]. Right now large eddy 
simulation (LES) is one of the more promising modes 
of numerical simulation of turbulence[11-12], but it still 
needs to be calibrated when used in turbomachinery. 
Much care must be put in the set-up of such computa-
tions, because the finer description of the flow comes 
at the price of a higher sensitivity. Then, LES can yield 
relatively poor descriptions, because the numerical 
methods for LES in such contexts are not properly 
mastered at the current time. 
In order to gain a better knowledge of the mecha-
nisms of corner stall and to calibrate CFD tools in-Open access under CC BY-NC-ND license.
· 236 · MA Wei et al. / Chinese Journal of Aeronautics 24(2011) 235-242 No.3 
cluding both Reynolds-averaged Navier-Stokes (RANS) 
and LES, a detailed and accurate experiment of 3D 
flow field through a linear compressor cascade has 
been set up in the Laboratoire de Mécanique des Flu-
ides et dcAcoustique (LMFA) at Ecole Centrale de 
Lyon. Experimental data are acquired for a Reynolds 
number of 382 000 achieved using hot-wire anemom-
etry, pressure taps on blade and endwall, and a 
five-hole pressure probe. 
2. Apparatus and Instrumentation 
2.1. Wind tunnel and cascade 
The investigation was carried out in a low speed 
cascade wind tunnel. The facility was powered by a 
60 kW centrifugal blower and the test section was a 
rectangular duct with a cross section of 900 mm high 
by 370 mm wide. The cascade consists of 13 NA- 
CA65-009 blades, as depicted in Fig.1. The notation 
used in describing this subsonic compressor cascade is 
shown in Fig.2. The cascade parameters are summa-
rized in Table 1. In our experiment, the inflow velocity 
Uf=(40.0r0.3) m/s, corresponding to a chord Reynolds 
number Rec=382 000r2 866. The maximum non-uni-
formity in the inlet free stream flow velocity was less 
than 0.5% at the mid-height of wind tunnel, i.e. where 
the flow was investigated. 
Fig.1  Plan view of wind tunnel test section. 
Fig.2  Notation for cascade. 
Table 1 Geometric parameters of cascade 
Parameter Magnitude 
Chord c/mm 150.0 
Camber angle M /(q) 23.22 
Stagger angle J /(q) 42.70 
Pitch spacing s/mm 134.0 
Solidity V 1.12 
Blade span h/mm 370.0 
Aspect ratio AR 2.47 
Design upstream flow angle 1E c /(q) 54.31 
Incidence angle i /(q) 5-7
Optimum incidence i* /(q) 0.18
Design downstream flow angle 2E c /(q) 31.09 
To ensure and fix the location of the boundary layer 
transition which has large consequences on the corner 
zone separation, a 3.0 mm widthwise sandpaper strip 
has been stuck at 6.0 mm from the leading edge on 
both suction side and pressure side of all the blades. 
This point is particularly complex to be simulated with 
CFD and the authors want to remove this difficulty and 
focus the study only on the corner stall region. 
2.2. Pressure measurement system 
Forty pressure ports have been positioned on a blade 
located at mid-height of the cascade. Twenty five ports 
were located on the suction side while fifteen ports 
were located on the pressure side. This instrumented 
blade could slide in the spanwise direction through two 
holes (having the blade profile) on the endwall. No 
leakage was achieved using o-rings around the profile. 
Static pressure could then be measured at any arbitrary 
section in spanwise direction. In order to measure the 
static pressure on the endwall, thirty five pressure ports 
have also been set up on the endwall. The pressure 
ports on the endwall were made using 1.6 mm diame-
ter alloy steel tubing embedded into the blade surface 
with a port of 0.8 mm opening to the flow. The pres-
sure taps were connected to a Scanivalve. Outlet flow 
was measured by a five-hole pressure probe. The rela-
tive uncertainty of the pressure measurements both on 
the blade and the endwall is about 1% in static pressure 
coefficient values. The relative uncertainty of the 
downstream pressure measurements is about 2% in 
total pressure coefficient values. 
2.3. Hot-wire anemometry
Inlet boundary layer was measured by one-dimen-
sional (1D) hot-wire system. Boundary layer probes 
Dantec 55P05 were used. The sensors were operated 
using a Dantec 90C10 constant temperature ane-
mometer unit in Dantec Streamline. Square wave test 
was used to optimize the bandwidth of the combined 
sensor/anemometer circuit. The bandwidth of the 
probe/anemometer system (or cut-off frequency) of 1D 
hot-wire in our experiment was about 60 kHz. Ac-
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cording to the Nyquist sampling criteria, a sampling 
rate of at least 120 kHz was needed. The acquisition 
frequency was set to 200 kHz. The number of samples 
obtained was one million. Probes were introduced into 
the flow through slots cut through the endwall. The 
probes were positioned in the measuring plane by 
means of a computer controlled traverse system. The 
contact (zero-distance) between the hot-wire probe and 
endwall was achieved by using an electric circuitry[13].
Hot-wire signals were corrected for ambient tempera-
ture, and probes were calibrated using four-order 
polynomial to correlate the wire output voltages with 
cooling velocities. The uncertainty of mean streamwise 
velocity U is about 1% Uf. The relative uncertainty of 
root-mean-square of fluctuation velocities rmsuc  is about 
3%.
3. Inflow Conditions 
3.1. Boundary layer profiles and thicknesses 
1D hot-wires were used to measure inlet flow veloc-
ity profile at five lines, illustrated in Fig.3. The meas-
uring lines are located at 4.134ca (ca is axial chord) 
from the blades leading edge front, and their coordi-
nates are listed in Table 2 (z* is the coordinate of the 
points in the line connecting the leading edges). The 
active length of the hot-wire l and diameter d of the 
probes are listed in Table 3. To avoid conduction errors, 
l/d of hot-wires were ensured to be greater than 200. 
Fig.3  Illustration of 1D hot-wire measuring lines. 
Table 2 Positions of 1D hot-wire measuring lines 
No. L1 L2 L3 L4 L5 
x 1.5c 1.5c 1.5c 1.5c 1.5c
y 0-h/2 0-h/2 0-h/2 0-h/2 0-h/2
z* 0.5s 0 0.5s s 1.5s
Table 3 Parameters of 1D hot-wire probes 
No. l/mm d/ȝm
P0 1.25 5 
P1 0.82 4 
P2 1.00 4 
Established turbulent boundary layer can be divided 
into three zones: the viscous sublayer (y+<5) where 
u+=y+, u+=U/uW ,y+=yuW /Q (Q is the kinematic turbulence 
viscosity), the buffer layer (5<y+<50) and the loga-
rithmic layer (50<y+<600) with the logarithmic law of 
the wall, or “log law”, given by u+=(1/N ln (y+)+B. We 
derive the wall shear stress uWfrom a best fit to the log 
law between y+=50, using the Coles log law constants: 
N =0.41 and B=5.21.
Fig.4 shows experimental results of inlet boundary 
layer using hot-wire anemometry. Experimental results 
of inlet flow velocity profiles are shown in 
Figs.4(a)-(b), including the curve of the van Driest 
formula[14], where Ue is external mean velocity of inlet 
boundary layer. According to Fig.4(b), the inlet flow 
boundary layer is fully turbulent and the first measured 
point is in the buffer layer. Note that the inlet flow is 
not totally uniform: the velocity at mid-span increases 
a bit in the z direction, because of the influence of the 
cascade skewness. But the difference remains very 
small (less than 1.5%). 
Based on the velocity profile, various boundary 
layer parameters are calculated and listed in Table 4, 
where the Reynolds number is based on the momen-
tum thickness ReT=TUf /Q, the kinematic turbulence 
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Fig.4  Experimental results of inlet boundary layer using 
hot-wire anemometry. 
viscosity Q =1.57u105 m2/s. In Table 4, “LA-PB” is a 
label for the results of line A using the hot-wire probe 
number B. The boundary layer thickness, G, is defined 
here as the distance from the wall to the point where 
U(y)= 0.99Uf. G*, T and G3 are for the displacement 
thickness, momentum thickness and energy thickness, 
respectively. In our experiment, 7 300<ReT <9 500, and 
shape factor H=G*/T |, is smaller than the value in 
Ref.[15] with the same ReT, it is because a weak favor-
able pressure gradient exists[15-16].l+=luW /Q is the di-
mensionless characteristic of the hot-wire length scale. 
Table 4 Boundary layer parameters of inlet flow 
No. G/mm G*/mm T mm Gmm H ReT uW  m·s1) l+
L1-P0 30.1 3.7 2.9 5.2 1.29 7 323 1.46 116
L2-P0 29.1 3.8 2.9 5.3 1.28 7 495 1.46 116
L3-P0 30.1 4.0 3.1 5.6 1.29 7 918 1.46 116
L3-P2 30.1 4.0 3.1 5.8 1.29 7 918 1.44 92
L4-P0 32.1 4.5 3.5 6.3 1.28 8 888 1.46 116
L4-P1 31.1 4.8 3.7 6.7 1.30 9 489 1.43 75
L5-P1 30.1 4.1 3.2 5.7 1.28 8 051 1.45 76
3.2. Streamwise normal stresses 
Profiles of 2u uWc  (uc is the time fluctuation ve-
locity) which resolve the near-wall behavior show a 
peak very near the wall, but the magnitude and loca-
tion are still in doubt[17]. Fernholz, et al.[16] considered 
the maximum value of 2u uWc ~2.7, and its position, 
y+~15, and according to experimental results, they 
suggested that the peak of 2u uWc  has a slight rising 
trend with falling l+ and with rising ReT . Since a 
hot-wire measures the average heat transfer rate over 
its length, it will weaken the measured velocity fluc-
tuation if that fluctuation occurs over a length-scale 
smaller than the length of the hot-wire. If it is assumed 
that the characteristic eddy size is taken using the dis-
tance to the wall, and that a non-negligible fraction of 
the turbulent kinetic energy is carried by eddies with 
this characteristic size, then a hot-wire will signifi-
cantly weaken the measured turbulence intensity when 
it is positioned closed to the wall.  
The experimental profiles of 2u uWc = rms /u uWc  and 
turbulent intensity Tu= rms /u Uc  are shown in Figs.4(c)- 
(d). Inside the turbulent boundary layer, there are ob-
vious differences between the experimental results 
obtained with different hot-wire probes. The maximum 
value of 2u uWc  reaches 2.3 with the P0 while 2.7 
with the P1. It is mainly because of the difference in l+
of the used hot-wire probes. The little discrepancies 
between the boundary layer characteristics using the 
same probe is because ReT changes a little bit at the 
different investigated locations. Outside of the bound-
ary layer, the differences between the boundary layer 
profiles are mainly due to the non-uniformity of the 
inlet flow. Tu|0.8 from line 1 to line 4, while Tu|0.3
for line 5. 
4. Effect of Incidence 
Incidence is one of the most important influencing 
factors of corner stall. To assess the effects of inci-
dence on the flow behavior and the overall perform-
ance of the cascade, pressure measurements have been 
carried out for incidences from 2q to 6q.
Conventional dimensionless form of static pressure 
coefficient Cp and total pressure loss coefficient Z are 
given as Cp= (ppf) /(ptfpf), Z = (ptfpt) / (ptfpf),
where ptf and pf are the reference inlet total and static 
pressures, while pt and p are the total pressure and 
static pressure at the desired point, respectively. 
4.1. Surface static pressure on blade 
First of all comparison of pressure coefficients be-
tween experimental and CFD results are shown in 
Fig.5. The commercial software Fluent has been run 
here for CFD investigation. k-H and Spalart-Allmaras 
turbulence models were used. At mid-span, the CFD 
results are in agreement with experimental results 
while they show some discrepancies in the vicinity of 
endwall. This obviously means that RANS CFD using 
this kind of turbulence modeling simulates correctly 
the flow field in attached configurations (at least in 2D 
separation cases), but fails to reproduce the physics in 
a case of 3D separations. These observed discrepancies 
illustrate the needs of CFD calibration and contribute 
to the motivation of this experiment. 
The distribution and contours of static pressure on 
the surface of the blade at i=4q are shown in Fig.6. 
Pressure changes a little bit on the blade pressure side 
along spanwise, except in the region near the endwall 
at leading edge, because of the existence of the end-
wall boundary layer. The contours on suction side 
clearly indicate the low-pressure regions from endwall 
to y/h=20% due to corner stall. 
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Fig.5  Comparison of pressure coefficient between experimental results and CFD results, i=4q.
Fig.6  Contours of Cp on blade surface, i=4q, markers indicate the positions of measuring points. 
Comparisons of the surface static pressure on the 
blade at different incidences at two sections are 
shown in Figs.7(a)-(b), where the first one is at 
mid-span (y/h=50%), the other one is near the end-
wall and in the region of corner stall (y/h=5.4%). 
Fig.7(c) shows the pressure force in x direction, de-
fined as Fx =   Cpn·L dl/ca, where n and L are the unit 
normal vector of blade surface and the unit normal in 
x axis, respectively.  
The pressure on the pressure side increases obvi-
ously with the incidence. The pressure distribution on  
suction side can be divided into two parts. In the front 
part (0<x/cad20%) near the leading edge, the static 
pressure at first accelerates and then decelerates owing 
to the flow turning around the leading edge. This indi- 
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Fig.7  Surface static pressure on blade. 
cates that the velocity at first decelerates and then ac-
celerates. In this part the static pressure decreases with 
an increasing incidence. In the latter part (20%< x/ca<
100%), the static pressure at first decelerates and then 
reaches a constant values. This indicates that the flow 
at first decelerates and then separates. In this part the 
static pressure increases and the extent of separation 
increases with increasing incidence. 
Similar trends can be observed for the pressure at 
y/h=5.4% compared with the pressure at mid-span. 
Some specific phenomena related to flow separation 
are observed. The pressure evolutions reach constant 
values after a specific axial position, even at negative 
incidence, indicating the areas of flow separation. The 
position of separation moves upstream when the inci-
dence increases. From Fig.7(b), the separation occurs 
around x/ca=0.6 for instance at i=4q. Considering again 
Fig.6, a strong inclination of the Cp iso-contour-lines 
for y/h<0.3 is also observed; this is the direct conse-
quence of the blockage effect induced by the corner 
separation which induces curvature effects in the flow 
streamlines up to the leading edge. 
From Fig.7(c), the module of the blade pressure 
force Fx increases in spanwise direction for all inci-
dence, and it increases also when the incidence grows, 
except when i=6q or y/h<0.2. One can infer that there 
are stronger separations at i=6q than at other inci-
dences; this will be confirmed by the experimental 
total pressure losses in the exit plane as discussed later. 
4.2. Surface static pressure on endwall 
Pressure coefficients on endwall at different inci-
dences are shown in Fig.8. The extent of the region 
where the flow accelerates from the leading edge de-
creases with the incidence, which is consistent with the 
experimental results of the surface static pressure on 
the blade. The pressure gradient increases with the 
incidence in the passage near suction side. 
Fig.8  Static pressure coefficients on endwall at different incidences, markers indicate the positions of measuring points.
4.3. Total pressure losses of outlet flow 
Contours of the exit total pressure loss coefficient at 
the cascade exit plane at 36.3% chord downstream 
from the trailing edge at different incidences are shown 
in Fig.9. In order to quantify the global effects of the 
total pressure losses at the cascade outlet, two parame-
ters are used, including the pitchwise-mass-averaged 
total pressure loss coefficient Zand the mass-aver- 
aged total pressure loss coefficient Zc, defined as 
0*
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y z u y z z
u y z z
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Z  ³ ³           (1) 
/ 2
0 0
/ 2
0 0
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s h
x
s h
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y z u y z y z
u y z y z
Z
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where ux is the axial velocity of the outlet flow, Z* is a  
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function of the spanwise distance at a giving section, 
and Zc just depends on the giving section. 
At a certain incidence, the losses increase in the 
spanwise direction from the mid-span to the endwall. 
As mentioned before, the losses at the mid-span are 
due to the quasi-two-dimensional separation which 
occurs for i around 5q and then increases with the in-
cidence. This also clearly observed by the extent of 
losses region at different incidences in Fig.9. From the 
contours in Fig.9, one can come to the conclusion that 
the maximum losses as well as the extent of losses in 
the corner increase with incidence, and this is also 
confirmed by the value of Z* and Zc at different inci-
dences (in Fig.10).   
Fig.9  Contours of exit total pressure loss coefficient at 36.3% axial chord downstream from trailing edge at different inci-
dences, markers indicate the positions of measuring points. 
Fig.10  Two quantitative parameters at 36.3% chord downstream from trailing edge. 
5. Conclusions 
An original and accurate data base has been built in-
cluding detailed measurements of the inlet flow 
boundary layers, the static pressure on the blade and 
the endwall surfaces, as well as the total pressure loss 
coefficient in the outlet section, for a series of inci-
dences.
At mid-span of the blades where the flow is almost 
two-dimensional, the comparison with numerical RANS 
simulations shows a very good agreement for the 
pressure distributions, and proves the accuracy of the 
experimental set-up of the incident angle of the flow 
on the blades under investigation; this is a key factor 
for the capability of this experimental setup to be nu-
merically simulated. In the vicinity of the endwall, 
where the 3D separation occurs, the  experiment pro-
vides an accurate data base for the validation of ad-
vanced CFD tools including RANS and LES. This data 
base will be upgraded with laser Doppler anemometry 
and unsteady pressure measurements and will be 
opened to the scientific community. 
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